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ABSTRACT

Supersonic retropropulsion is an entry, descent, and land-
ing technology applicable to and potentially enabling the
high-mass missions to the surface required for advanced
robotic and human exploration at Mars. For concep-
tual design, an initial understanding of the significance
of retropropulsion configuration on the vehicle’s static
aerodynamic characteristics and the relation of this con-
figuration to other vehicle performance metrics that tra-
ditionally determine vehicle configuration is necessary.
This work develops an approximate model for the aerody-
namic - propulsive flow interaction based on momentum
transfer within the flowfield and the geometry of relevant
flow structures. This model is used to explore the impact
of operating conditions, required propulsion system per-
formance, propulsion system composition, and vehicle
configuration on the integrated aerodynamic drag char-
acteristics of full-scale vehicles for Mars entry, descent,
and landing. Conclusions are then drawn on the fidelity
and effort required to support specific design trades for
supersonic retropropulsion.

Key words: Mars exploration; entry, descent, and landing
(EDL); supersonic retropropulsion (SRP).

1. INTRODUCTION

Supersonic deceleration has been identified as a critical
deficiency in extending heritage technologies to the high-
mass systems required to achieve long-term exploration
goals at Mars. Supersonic retropropulsion (SRP), or the
use of retropropulsive thrust while an entry vehicle is
traveling at supersonic conditions, is a technology po-
tentially amending this deficiency. SRP aerodynamic -
propulsive interactions alter the aerodynamic characteris-
tics of the vehicle, and models must be developed that ac-
curately represent the impact of SRP on system mass and
performance. While systems analyses will rely heavily
on high-fidelity computational methods to develop these
models, existing computational tools and approaches ap-
plied to SRP flow interactions are computationally expen-
sive in accurately and consistently simulating the features
and behaviors of SRP flowfields. Use of such approaches

in support of numerous design trades may be infeasible
with current computational capabilities.

In place of high-fidelity aerodynamic analyses, an ap-
proximate model for the SRP aerodynamic - propulsive
interaction can be used to provide an initial understand-
ing of the significance of SRP configuration on the vehi-
cle’s aerodynamic characteristics. These effects can then
be related to other performance metrics traditionally de-
termining vehicle configuration. Establishing high-level
relationships between the flow physics governing SRP
and design choices related to vehicle configuration and
system performance will also assist in determining the fi-
delity and effort required to evaluate individual SRP con-
cepts.

Experimental efforts have determined that flowfield
structure and flowfield stability for SRP are highly depen-
dent on the retropropulsion configuration, the strength of
the retropropulsion exhaust flow relative to the strength
of the freestream flow, and the expansion condition of the
jet flow. Momentum transfer within the flowfield gov-
erns the change in the surface pressure distribution of the
vehicle, and accordingly, governs the change in the ve-
hicle’s integrated static aerodynamic characteristics. Pa-
rameters governing SRP aerodynamics have been iden-
tified using both experimental trends from the literature
and analytical relations of momentum transfer within the
SRP flowfield. These analytical relations are specific to
highly under-expanded jet flows, contact surfaces, and
blunt bodies in supersonic flows.

In this study, a momentum-based, analytical flow model
is developed and then used to explore the impact of SRP
operating conditions, required propulsion system perfor-
mance, propulsion system composition, and vehicle con-
figuration on the integrated aerodynamic drag character-
istics of full-scale vehicles for Mars entry, descent, and
landing (EDL). This is completed through assessment of
relative changes in surface pressure, integrated aerody-
namic drag coefficient, and total axial force coefficient as
functions of the maximum vehicle thrust-to-weight ratio
(T/W ), the number of nozzles amongst which the thrust
is distributed, and jet flow composition. Relative differ-
ences in these quantities and physical changes in flow-
field structure are used to identify the fidelity and effort
required to support specific design trades for SRP.



2. APPROACH

The computational expense of using high-fidelity tools
to simulate SRP flowfields prohibits using such tools for
high-level trade studies. Development of an approximate
model for the SRP aerodynamic - propulsive interaction
provides an approach for understanding the relative sig-
nificance of different design choices. This section dis-
cusses the general approach taken to evaluate the sensi-
tivity of aerodynamic drag and total axial force to system-
level design choices. Development of the flowfield model
used to obtain these quantities is discussed in detail in
Section 3.

Design choices to be faced by mission planners include
SRP operating conditions (e.g. freestream conditions),
the required propulsion system performance (e.g. I

sp

,
(T/W )

max

), propulsion system type (e.g. propellant
combination, �

j

), nozzle geometry (e.g. A

e

/A

⇤ and po-
tential system packaging impacts), and vehicle configu-
ration (e.g. the number of nozzles distributing thrust).
While each of these design choices is related to the oth-
ers, an effort has been made here to establish a paramet-
ric approach to illustrate the significance of specific de-
sign choices. Three different physical scales are used to
distinguish the effects of SRP and to identify differences
arising from vehicle scale and application. These are a
human-scale SRP system for a vehicle at Mars, a robotic-
scale SRP system for a precursor or technology demon-
stration mission at Mars, and a sub-scale, cold-gas model
for experimentation in a wind tunnel or other Earth-based
ground test facility.

The operational envelope for SRP has been defined
through analysis determining the optimal trajectories that
minimize propulsion system mass (see [1]). The propul-
sion system performance required to achieve these trajec-
tories is a strong function of the constraints on the analy-
sis. For example, constraining the vehicle (T/W )

max

to
minimize propulsion system mass and volume results in
a vehicle (T/W )

max

approximately three times smaller
than constraining the vehicle to a maximum sensed accel-
eration of 4 (Earth) g’s. The smaller (T/W )

max

results
in lower thrust levels and operation at higher freestream
Mach numbers. Vehicle (T/W )

max

is used here as a
parameter to represent the operational SRP envelope for
a human-scale vehicle, ranging from 3.5 to 10.0 (Mars-
relative). This range spans the values of (T/W )

max

de-
termined in [1] and those used in NASA EDL-SA work
[2].

Baseline vehicle concepts utilize multiple nozzle propul-
sion systems to improve system reliability, to provide re-
dundancy, and to allow for greater control authority dur-
ing powered descent [2]. The results of [3–5] demon-
strated that there can be flowfield differences between a
single nozzle and multiple nozzles providing the same to-
tal thrust. With the dependence of the SRP aerodynamic
- propulsive interaction on the relative areas of the nozzle
exit and vehicle forebody and the desire to use multiple
nozzles on a flight vehicle, the number of nozzles is a de-

sign choice. The configuration of multiple nozzles is as-
sumed to consist of equally-spaced nozzles arranged in a
ring and aligned parallel with and opposite the freestream
flow direction. The change in the vehicle’s static aero-
dynamic performance is explored for cases with the re-
quired thrust distributed over 3, 4, 5, and 6 nozzles for
a human-scale SRP system. The effect of varying the
number of nozzles is also examined for a robotic precur-
sor/technology demonstrator mission.

A full-scale LOX/CH4 propulsion system capable of sat-
isfying the thrust and throttling requirements defined
in NASA mission concepts does not currently exist.
However, propulsion system mass and volume for the
same �V requirement have been shown to be compara-
ble between theoretical LOX/CH4 systems and existing
LOX/RP-1 systems [1]. The differences in SRP flowfield
structure are explored for variations in the composition
of the exhaust gas. Exhaust gas characteristics represen-
tative of different propellant types (LOX/CH4, LOX/RP-
1, and LOX/LH2) are considered for both full-scale and
sub-scale applications. The emphasis is on changes in
the aerodynamic properties of the nozzle flow that would
arise as propulsion system types are traded.

3. FLOWFIELD MODEL DEVELOPMENT

This section describes the development of an approxi-
mate model for the SRP aerodynamic - propulsive in-
teraction. The flow model is derived from a momentum
- force balance at the contact surface and the geometry
of the jet flow, body, and contact surface. All assump-
tions about the structure of the SRP flowfield are con-
sistent with the discussion presented in [3, 6]. Elements
of the flow model leverage analytical work in the litera-
ture. The flow model structure is directly based on ana-
lytical and experimental work by Finley [6] from the mid-
1960s. Finley’s model is strictly limited to hemispherical
bodies, sonic nozzles (M

e

= 1), air as the composition
of the freestream and jet flows (�1 = �

j

= 1.4), a sin-
gle, central nozzle, and small jet structures relative to the
diameter of the body. In this section, Finley’s original
model is re-derived to generalize the flow model to M

e

> 1, �
j

and �1 other than 1.4, forebody shapes other
than hemispheres, and multiple nozzles on the forebody.
These modifications extend the applicability of the flow
model to the conditions and geometries more relevant to
SRP system design.

3.1. Overview of Aerodynamic - Propulsive Interac-
tion Model

Fig. 1 illustrates the structure and progression of steps
for the SRP flow model. Inputs to the model are the
freestream conditions (M1, �1, p0,1, T0,1), nozzle
conditions (�

j

, p0,j , T0,j), nozzle geometry (A
e

/A

⇤ or
d

e

), and body geometry (d
body

, r
n

). Outputs from the
model are the surface pressure (excluding the nozzle exit



plane), forebody integrated drag coefficient, and fore-
body axial force coefficient. There are two main elements
to the SRP flow model. The first is a control surface anal-
ysis for the momentum - force balance at the contact sur-
face (subscript: cs,M � F ). The second is an analysis
based on the flowfield geometry to match the contact sur-
face to the body (subscript: cs, FG).

Freestream conditions, nozzle conditions, 
nozzle geometry, body geometry,          

guess for α"

α"

Momentum – Force Balance 
1.  Integration of pressures on control surface to obtain force 
2.  Summation of jet flow entering and flow in jet layer leaving 

to obtain total momentum flux out of control surface 
3.  Equation of momentum flux out of control surface and 

forces on control surface to solve for dcs,M-F"

Flowfield Geometry Analysis 
1.  Finite-difference approach for isentropic free jet 

expansion (Mach disk location and diameter) 
2.  Continuity relation in stagnation region   

(contact surface location relative to nozzle exit) 
3.  Similar triangles relations to match the contact 

surface to the body and to solve for dcs,FG"
dcs,M-F"dcs,FG"

Iterate on α  
until dcs,M-F = dcs,FG"

CD,f and CA,f"

Dead-air Region Pressure 

€ 

pda = p0,2 − (p0,2 − p∞)cos
2α

Integration of Forebody 
Pressure Distribution 

€ 

CA , f = CD, f +CT

Inputs / Outputs"

Figure 1. General structure of the flow model.

Integration of pressures over the control surface yields
the force on the control surface. The summation of the
jet flow entering the control surface and the flow in the
jet layer exiting the control surface yields the total mo-
mentum flux out of the control surface. The diameter of
the contact surface, d

cs,M�F

, is then determined from
the momentum - force balance. The definition of the con-
trol surface and additional details and discussion on this
element of the flow model are given in Section 3.2.

The flowfield geometry analysis establishes the diameter
and axial location of the contact surface from the physics
and structure of the jet interaction region. The Mach disk
location and diameter are provided by an analytical finite-
difference approach developed by Salas [7]. A continuity
relation is applied in the stagnation region to determine
the location of the contact surface, relative to the nozzle
exit. Similar triangles are then used to match the contact
surface to the body, yielding the diameter of the contact
surface, d

cs,FG

. Additional details and discussion on the
flowfield geometry analysis are given in Section 3.3.

There are two independent variables in the analysis: P

and ↵. P is specified by the conditions of interest, namely

the total pressure of the jet and the freestream conditions
(P = p0,j/p0,2). The half-angle of the cone partially
defining the shape of the contact surface is defined to
be the angle ↵ that permits the diameter of the blunting
sphere of the contact surface (determined from conserva-
tion of momentum within the flowfield) to be equal to the
diameter of the blunting sphere of the contact surface de-
termined from the structure of the jet. The model iterates
on ↵ until d

cs,M�F

matches d
cs,FG

.

The pressure distribution on the contact surface is then
determined as a function of ↵ and the pressure in the re-
circulation region by assuming modified-Newtonian the-
ory. To determine the surface pressure distribution on the
body, the pressure in the recirculating region is assumed
to be a uniform pressure acting over the entire forebody
surface outboard of the nozzle(s) with the exception of
the nozzle exit area(s). Following Finley’s original nota-
tion, this pressure is referred to as the ‘dead-air’ pressure,
p

da

, and is calculated using the equation shown in Fig. 1.

Experimental investigations have observed surface pres-
sures to decrease rapidly to near-constant values outside
of the nozzle and over much of the forebody for mod-
erate to high jet pressure ratios (see [4, 5, 8]). In this
analysis, the pressure distribution across the forebody is
assumed to be constant; no model for pressure recovery
toward the shoulder has been implemented in this work.
The forebody drag coefficient, C

D,f

is then calculated
by integrating the surface pressure distribution, exclud-
ing the nozzle exit area(s). With all cases defined to be
at zero angle of attack, the total axial force coefficient,
C

A,f

, is then determined as the sum of C

D,f

and C

T

.
The thrust coefficient, C

T

, is a force coefficient, defined
in Eq. 1, where T is the thrust, q1 is the freestream dy-
namic pressure, and A

ref

is the aerodynamic reference
area.

C

T

=

T

q1A

ref

(1)

The flow model has been verified against analytical re-
sults from Finley [6] and validated against experimental
results from multiple sources, including a recent NASA
wind tunnel test [6, 8, 9]. In the development of the
model, the flow is assumed to be steady, inviscid, isen-
tropic, and behave as a calorically perfect gas. The flow-
field is assumed to be axisymmetric. Sections 3.2 - 3.4
discuss the flow model in detail, including the historical
references on which portions of the analysis are based,
the modifications made to Finley’s original flow model,
and the solution process for the surface pressure and inte-
grated aerodynamic drag and total axial force coefficients
for the forebody.

3.2. Momentum - Force Balance Analysis

The first portion of the overall flowfield analysis is a mo-
mentum - force balance at the contact surface. Fig. 2



shows the general characteristics of an SRP flowfield with
a single nozzle at the center of a blunt body, indicating the
locations of the bow shock, contact surface, and Mach
disk. Adapted from Finley [6], Fig. 3 shows the control
surface (dashed line and labeled) to which the momentum
- force balance is applied and illustrates the geometric re-
lationship between the contact surface and the body.
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Figure 2. SRP flowfield structure for a single, central jet.

(Adapted from [3, 6]).
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Figure 3. Control surface for the momentum - force bal-

ance analysis. (Adapted from [6]).

Based on supporting evidence from Van Dyke and Gor-
don [10] and Finley [6], the contact surface is assumed
to be spherical, with a radius of 1/2 d

cs

. The control
surface is defined to be a spherically-blunted cone, in-
cluding the contact surface and exit plane of the nozzle
as well as enclosing the entire jet structure. The pressure
everywhere inside of the control surface is defined to be

equal to the ‘dead-air’ pressure, p
da

. The pressure on the
spherical portion of the control surface is the difference
between the pressure at the stagnation point, p0,2 (the to-
tal pressure behind a normal shock wave), and p

da

. The
conical portion of the control surface is defined by the
cone half-angle, ↵. The pressure on the conical portion
of the control surface is equal to p

da

, with the exception
of the nozzle exit, where the pressure is equal to p

e

.

While not strictly applicable, to allow for closed-form
analysis, the pressure distribution on the contact surface
is approximated through use of modified-Newtonian the-
ory. For SRP flowfields, the contact surface separates the
post-shock freestream flow and the jet flow. The pres-
sure forces on the contact surface must be balanced by
the momentum fluxes and pressure forces from multiple
sources: the jet flow entering the control surface, the flow
in the jet layer exiting the control surface, and the nose of
the body.

Integrating the pressure on the control surface yields the
force portion of the momentum - force balance:

F =

90��↵Z
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If � is the local inclination angle of the spherical portion
of the control surface relative to the freestream direction,
modified-Newtonian theory gives the following expres-
sion, which can be solved for the pressure on a spherical
surface:
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Substituting the final form of Eq. 3 into Eq. 2:

F =

90��↵Z
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Integrating and rewriting in terms of the cone half-angle,
↵:
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The total momentum flux out of the control surface is the
net result of the jet flow entering the control surface and
the flow from the jet layer leaving the control surface:

d(mu)

dt

= ṁ

e

u

e

+ ṁ

l

u

l

cos↵ (6)

Combining Eq. 5 and Eq. 6 yields the complete expres-
sion for the momentum - force balance on the control sur-
face:
✓
⇡d

2
cs

8

◆
(p0,2 � p1)cos

4
↵�

⇣
⇡

4

⌘
d

2
e

(p

e

� p

da

)

= ṁ
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Recall from Eq. 3 that the assumption of modified-
Newtonian theory can be applied to determine the pres-
sure distribution on the contact surface. The ‘dead-air’
pressure, p

da

, in terms of ↵, can be expressed as:

p

da

= p0,2 � (p0,2 � p1) cos

2
↵ (8)

The same assumption made by Finley [6] for the total
momentum of the flow in the jet layer is also assumed
here, namely that the total momentum of the flow in the
jet layer is equal to the momentum of the jet mass flow
expanded isentropically and uniformly from p0,2 to p

da

.
This assumption requires the mass flow rate of the jet,
ṁ

e

, to be equal to the mass flow rate of the jet layer, ṁ
l

,
in Eq. 7. Using isentropic relations for the ratio p0,2/pda,
the Mach number and static temperature of the flow in
the jet layer exiting the control surface are determined,
assuming all properties of the jet mass flow to be main-
tained (T0,j , R

j

, �
j

). This allows for the determination of
the velocity of the flow in the jet layer exiting the control
surface, u

l

. Finally, all of the necessary quantities to de-
termine the diameter of the spherical contact surface, d

cs

,
from Eq. 7 are known. Note that the non-uniformity in
the total pressure distributions due to the shock structure
in the jet is neglected throughout this analysis.

3.3. Flowfield Geometry Analysis

The cone half-angle used in Section 3.2 to define the con-
ical section of the control surface cannot be uniquely de-
termined from the momentum - force balance alone. De-
termination of the distance of the contact surface from
the body and matching of the contact surface to the body
are also required. Using geometric relationships for the
jet structure, contact surface, and body, the diameter of
the spherical contact surface, d

cs

, can be determined sep-
arately from the momentum - force balance as a function
of the cone half-angle, ↵. For a given set of conditions,
there is one ↵ for which the diameter of the contact sur-
face is the same by both approaches.

Distance of the Contact Surface from the Body

Fig. 4, adapted from Finley [6], shows the assumed ge-
ometry of the jet structure in relation to the contact sur-
face and the body. As described earlier, the jet flow is
assumed to have a structure consistent with highly under-
expanded jet flow, terminating with a Mach disk and
bounded by a barrel shock.
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Figure 4. Flowfield geometry used to determine the loca-

tion of the contact surface. (Adapted from [6]).

In Finley’s model, empirical relationships were used for
the Mach disk location and diameter. These relation-
ships are valid for sonic jets and �

j

= 1.4 only. For this
analysis, these empirical relationships have been replaced
with an inviscid, axisymmetric, under-expanded plume
solver developed by Salas [7] that is valid for any M

e

and
�

j

. While most of the analytical work in the literature
on the structure of under-expanded jets is based on the
method of characteristics, Salas’ approach uses a finite-
difference, downstream marching technique. Shocks and
contact surfaces within the flow are treated explicitly as
discontinuities, and the approach is applicable to both
uniform and conical nozzle flows [7]. The jet is assumed
to develop as an equivalent free-jet, expanding from p0,j

to p

da

and terminating with a Mach disk. The Mach disk
is in the plane that intersects the jet axis at a distance l

s

from the nozzle exit plane.



The theory developed by Abbett [11] is applied to deter-
mine the location of the Mach disk within Salas’ plume
solver. Abbett divides the flow into two parts: (1) a quasi-
one-dimensional streamtube along the centerline, and (2)
the rest of the flow. On the nozzle exit side of the Mach
disk, there is a supersonic streamtube that interacts with
the supersonic flow outside of the streamtube. On the
contact surface side of the Mach disk, there is a subsonic
core flow. Abbett’s theory requires the subsonic core flow
to be accelerated smoothly through a sonic condition with
a minimum cross-sectional area to become supersonic.

An iterative procedure using the location of the Mach
disk as a parameter is applied to satisfy a sonic condi-
tion in solving for the Mach number distribution along
the centerline of the jet flowfield [11]. The Mach disk
axial location can be used to find initial conditions for
the subsonic region in solving for the jet flowfield. In the
flow solution, the throat-like region behaves as a saddle-
point singularity, and the parameter value resulting in
the saddle-point singularity identifies the location of the
Mach disk along the centerline [7, 11].

Unlike other theories based strictly on a pressure differ-
ential, Abbett’s theory allows the Mach disk location to
be dependent on the downstream conditions (downstream
relative to a free jet), consistent with the subsonic na-
ture of the flow in the region downstream of the nozzle
exit [7]. Salas found Abbett’s theory to agree most con-
sistently and most accurately with experimental data, as
compared with three alternative theories for the bound-
ary condition necessary to determine the location of the
Mach disk [7].

Fig. 5 compares the Mach disk location and radius de-
termined from Salas’ approach to experimental data from
Love et al. [9] for three different exit Mach numbers.
The nozzle flow (�

j

= 1.4) is exhausting from a contoured
nozzle (parallel exit flow) into an ambient environment at
atmospheric pressure. The results from Salas’ approach
show minor over-predictions for the Mach disk location
and radius as the jet pressure ratio increases, though the
overall trends agree well with the experimental data.

Fig. 6 compares the integrated drag and axial force co-
efficient results from the flow model for Salas’ analytical
approach and Finley’s empirical relations in determining
the location and diameter of the Mach disk. For refer-
ence, Finley’s empirical expressions are given in Eq. 9
and Eq. 10. The results shown in Fig. 6 assume a hemi-
spherical forebody, M

e

= 1.0, and �

j

= 1.4. The behav-
iors of C

D,f

and C

A,f

as C
T

increases are very similar,
with the curves diverging for only very low C

T

. For C
T

greater than approximately 0.4, the difference in the inte-
grated results is considered to be negligible.
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and radius (bottom) determined via Salas’ approach with

experimental data for contoured nozzles exhausting into

an atmospheric pressure environment.
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Figure 6. Comparison of integrated C

D,f

and C

A,f

us-

ing two different approaches for determining the Mach

disk location and diameter. Salas’ approach is a higher

fidelity under-expanded jet flow solver, and Finley’s em-

pirical relations are those given by Eqs. 9 and 10.

The flow exiting the Mach disk in the stagnation region
is assumed to be uniform with a total pressure equal to
p0,2. This flow is then assumed to be choked in an an-
nulus of mean diameter d

s

and width � (see Fig. 4) and
uniform in the direction tangent to the contact surface.
Computational flow solutions for SRP (see [4, 5]) show
the jet flow on the subsonic side of the Mach disk turning
outboard and accelerating downstream of the stagnation
region. As the flow accelerates, it reaches a critical point,
and the flow in this annular region becomes choked.



Finley suggests that this behavior is analogous to the be-
havior in the region between the stagnation point and
sonic line for a blunt body in supersonic flow. In earlier
work, Moeckel [12] suggested the flow from the stagna-
tion point to the sonic line to be similar to flow past the
throat section of supersonic nozzle. In the case of one-
dimensional, isentropic, and non-reacting flow, the loca-
tion of the maximum constriction (the shoulder of a blunt
body or the throat of a supersonic nozzle) coincides with
the critical point, either on the body or within a nozzle.
In developing the original flow model, Finley assumed
the critical point to be the outer boundary of the annular
region, labeled as “choked flow” in Fig. 4. Under this as-
sumption, a continuity relationship developed originally
by Moeckel [12] and trigonometric relations derived by
Love [13] are then applied to determine the height of the
annular region, �.

The total pressure and total temperature remain constant
between the Mach disk and the critical point under the
stated assumptions. In agreement with Finley [6], the an-
nulus of choked flow is assumed to have an average di-
ameter equal to d

s

and a height equal to �. The jet flow
is assumed to decelerate from M

e

to M = 1.0 isentropi-
cally. The continuity relationship and equation for � are
given in Eqs. 11 and 12, respectively. The expression for
� (Eq. 12) is generalized here for M

e

> 1.0 and values of
�

j

other than 1.4.
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The distance x is determined from (by the Pythagorean
theorem):
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The location of the contact surface, relative to the nozzle
exit, is then given by the distance l

cs

, shown in Fig. 4.
This distance can be determined from:

l

cs

=

1

2

d

cs

+ (l

s

� x) (14)

Matching the Contact Surface to the Body

Assuming the jet layer is thin near reattachment, the con-
tact surface is matched to the body by determining the
value of d

cs

for which the spherical segment of the con-
tact surface is tangent to the conical interface boundary.
The cone half-angle, ↵, then defines the position of the

conical interface boundary. For any distance l

cs

, there
will be only one diameter d

cs

such that the spherical seg-
ment of the contact surface is tangent to the conical in-
terface boundary. This geometry is shown in Fig. 7. By
using similar triangles from the geometry shown in Fig.
7, an expression for d

body

/d

cs

can be derived for a spher-
ical body. This expression is given by Eq. 15 and can
be directly solved for d

cs

. Eq. 16 is the same relation-
ship as that given in Eq. 15, rewritten in terms of D (D =
d

body

/d
e

).

1"
α"

lcs!

½ dcs! ½ dbody!ls – x!

spherical 
contact surface 

segment 

conical interface 
boundary 

Figure 7. Geometry for matching the contact surface to

the body. (Adapted from [6]).

d

body

d

cs

=

�
dcs

2sin↵ +

1
2dbody � l

s

� x

�

dcs
2sin↵

(15)

D =

d

body

d

e

=

h
dcs
de

+ 2sin↵

⇣
ls
de

� x

de

⌘i

4� sin↵

(16)

Eq. 15 requires the diameter of the contact surface to be
smaller than the diameter of the body (see Fig. 7). As the
jet total pressure increases, the diameter of the jet and the
diameter of the contact surface increase as well. As this
occurs, the body is shielded more and more completely
from the freestream. Experimental data has shown that as
the total pressure of the jet flow increases, the forebody
pressures decrease, eventually reaching and maintaining
a minimum as the contact surface completely replaces the
body as the freestream flow obstruction. The limit is as-
sumed to be reached in this analysis as ↵ ! 0�.

Recall that P and ↵ are the independent variables in solv-
ing for the pressure distribution on the contact surface. P
is fixed by the thrust coefficient and freestream conditions
of interest (P = p0,j/p0,2). The solution for a particular
condition is the value of ↵ resulting in d

cs

/d

body

match-
ing for both methods (momentum - force balance and jet -
contact surface geometry). The ‘dead-air’ pressure, p

da

,
is then found from Eq. 8. The aerodynamic drag co-
efficient, C

D,f

, is calculated by integrating p

da

over the
forebody surface, excluding the nozzle exit area(s). As
all cases are at zero angle of attack, the total axial force
coefficient, C

A,f

is given by the sum of C
D,f

and C

T

.

Verification of the flow model for a single jet exhaust-
ing from the nose of a hemisphere at zero angle of attack
is shown in Fig. 8. The flow model developed in this
investigation is consistent with Finley’s model in the pre-
diction of the distance of the contact surface from the exit



plane of the nozzle. The agreement with the experimental
data begins to deteriorate as C

T

increases beyond 0.1 for
these specific conditions, though the trend appears to be
approximately captured. Additional comparisons of re-
sults from the flow model developed in this investigation
with modern experimental data are presented in Section
3.4. Replacing the assumption (known to be inaccurate)
of an analogy based on linear sonic lines for the annu-
lar stagnation region with a more sophisticated approach
using an analogy based on non-linear sonic lines to es-
tablish the momentum of the jet flow within the jet layer
may improve agreement of the flow model with the ex-
perimental data. However, no such modification has been
included in this analysis.
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Figure 8. Verification of the flow model through com-

parison with Finley’s original results. Experimental data

from [6] are also shown.

Fig. 9 shows the comparison of p
da

as predicted by the
flow model and p

da

as measured experimentally by Fin-
ley [6] for a hemisphere with a single, central nozzle.
The experimental data points are for the lowest measured
pressures on the body [6]. For a range of pressure ratios,
p0,j / p0,2 = 1.0 to 4.0, the ‘dead-air’ pressure predicted
by the flow model is within 0.83 psi of the experimental
‘dead-air’ pressure, though the flow model is consistently
over-predicting p

da

across these conditions.
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Figure 9. Comparison of p

da

as predicted by the flow

model and as measured via experiment (from [6]) for a

configuration with a single, central nozzle.

3.4. Additional Modeling

In addition to generalizing Finley’s original model to
M

e

> 1 and �

j

other than 1.4, a number of other modifi-
cations have been made to extend the flow model’s appli-
cability to the design choices of interest. These modifi-
cations include the capabilities to use axisymmetric fore-
body shapes other than hemispheres and to approximate
a ring of multiple nozzles on the forebody.

Additional Forebody Geometries

To consider forebody geometries other than hemispheres,
assuming no significant changes in the geometry of the
contact surface, Finley [6] provided an expression where
a plane projection was applied to the geometry in Fig. 7
for the geometry of interfaces meeting spheroids other
than hemispheres. The equivalent bodies must pass
through the same nozzle exit plane and meet a given in-
terface at the same angle. If D

equiv

is the value of D for a
spherical body equivalent to a spheroidal body of D and
�, D

equiv

can be found from:

D

equiv

D

=

��
�
�

2
+ cot

2
↵

�1/2

1� csc↵

(17)

The fineness ratio, �, is the ratio of the elliptical semi-
axes parallel and normal to the freestream, respectively.
For non-spheroidal bodies, such as sphere-cones, � is ap-
proximated using the axial distance from the nose to the
end of the forebody as the parallel axis and the radial dis-
tance from the centerline to the shoulder as the normal
axis. Flat-faced bodies have a � of zero.

Multiple Nozzles

The flow model described in Sections 3.2 and 3.3 is nom-
inally for an SRP configuration with a single, centrally-
located nozzle on a blunt forebody. More realistic vehicle
concepts with SRP generally utilize more than one noz-
zle. These SRP configurations can be approximated as a
cluster or ring of equally-spaced nozzles at some radial
distance from the nose. Gilles and Kallis [14] developed
a simple modification to the analysis for a single jet that
predicts the Mach disk location for a cluster of nozzles,
validating their predictions against experimental results
with reasonable accuracy. The cluster of jets is converted
to an equivalent single jet with the same total mass flow
rate. If there are n nozzles in the cluster, then the equiv-
alent single jet has an exit diameter that is n

1/2 times
greater than the exit diameter of a single nozzle in the
cluster, or d

e,eq

= d

e

n

1/2. Given that the physical di-
mensions of jets with equal nozzle exit conditions scale
linearly with nozzle diameter, the location of the Mach
disk for the single, equivalent jet, l

s,eq

, is then given by
l

s

n

1/2. This assumes that the outer jet boundary defined
by the cluster of jets is not dependent on the inboard in-
teractions of the individual jet boundaries. Peterson and
McKenzie [15] followed an analogous modification with
similarly agreeable results. Fig. 10 illustrates the simpli-
fied flowfield geometry for this modification.
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Figure 10. Geometry for modeling a cluster of jets as a

single, equivalent jet flow. (Adapted from [14]).

Results from [3–5] demonstrated that configurations with
multiple nozzles arranged in a ring can have regions of
high pressure preserved inboard of the nozzles under lim-
ited conditions. This inboard pressure has the potential to
be a significant contributor to the aerodynamic drag on
the vehicle forebody in these cases. On its own, model-
ing a cluster of nozzles as a single, equivalent jet does
not account for the potential preservation of inboard sur-
face pressures. As such, a simple approximation for the
pressure inboard of the nozzles is developed here.

Fig. 11 shows experimental C
p

data as a function of non-
dimensional radial location on the forebody and C

T

for a
three nozzle configuration recently tested by NASA [8].
Excluding the lowest C

T

cases, the highest pressures are
inboard of the nozzles, which are at the forebody half-
radius. Fig. 12 shows the general decrease in C

p

at the
nose as C

T

increases for the same cases shown in Fig.
11. At the lowest thrust coefficients, there is minimal in-
teraction between the individual jets, and a large portion
of the “no-jet” pressure at the nose is maintained. For
M1 = 2.4, 3.5, and 4.6, the pressure coefficients at the
nose are 1.70, 1.77, and 1.79, respectively.

An exponential function with a constant of -0.95 is used
to approximate the decrease in C

p

at the nose with in-
creasing C

T

for all conditions. The initial value is
C

p,max

, assuming a perfect gas. At very low C

T

, the ex-
perimental data show an increase in C

p

at the nose above
the “no-jet” value. The exponential model does not cap-
ture the elevated C

p

values for C

T

< 1. However, the
conditions at which such behavior has been observed are
well outside of the operational envelope defined for SRP
in [1, 2] and are not considered within the analysis pre-
sented in this investigation.

Fig. 13 compares integrated C

D,f

and C

A,f

results from
the flow model to the cases from Fig. 11 and Fig. 12. No
other data sets are available for comparison. As such, the
favorable agreement of the flow model results and exper-
imental data for C

T

> 1 is not unexpected, even though
only C

p

inboard of the nozzles is related to the experi-
mental data. It is important to note that the results for
C

A,f

also agree well with the trends observed in prior
experimental investigations (see [3]). The results differ
most at very low C

T

(below 1).
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Figure 11. Data from the NASA Exploration Technol-

ogy Development and Demonstration (ETDD) Program’s

wind tunnel test of an SRP configuration with three noz-

zles at the half-radius. The nose is at r/r

body

= 0, and

the shoulder is at r/r

body

= 1.
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Pressures greater than the freestream static pressure exist
over portions of the forebody other than just inboard of
the nozzles [8]. The flow model does not account for this.
The flow model uses a modified-Newtonian approxima-
tion for the inboard regions based on C

p

at the nose (see

Fig. 12) and integrates C
p

from the flow model over the
outboard regions. With the inboard regions contributing
less than the outboard regions to the integrated drag on
the forebody, along with the inaccurate approximation of
the individual jet flows as a larger, single jet structure at
such low C

T

, the flow model significantly under-predicts
C

D,f

and C

A,f

for C
T

< 1 and a multiple nozzle config-
uration.

A configuration with a single, central nozzle does not re-
quire an additional approximation for pressures inboard
of the nozzles. In contrast to a multiple nozzle configu-
ration, the surface pressures predicted by the flow model
for such a configuration agree more favorably with exper-
imental data at conditions with aerodynamic drag preser-
vation (see Fig. 9). Again, however, these conditions
fall well outside of the envelope of conditions relevant to
SRP.

4. DESIGN SENSITIVITIES

This section presents the results of the design choice sen-
sitivities analysis. As discussed in Section 2, the primary
parameters considered are the maximum vehicle T/W ,
the number of nozzles amongst which the thrust is evenly
distributed, and the jet flow composition. These param-
eters are directly related to the design choices of SRP
operating conditions, required propulsion system perfor-
mance, SRP configuration, and propulsion system com-
position. The surface pressures and integrated aerody-
namic force coefficients are determined from the approx-
imate flow model as a function of these parameters.

The experimental results given in [3, 8] demonstrated the
dominant effect of SRP on the surface pressure distri-
bution and integrated static aerodynamic characteristics.
Even for thrust levels well below those considered to be
flight-relevant, surface pressures are reduced far below
the post-shock stagnation pressure and in some cases, be-
low the freestream static pressure. This section consid-
ers flight-relevant conditions for two mission scales: a
vehicle for human exploration and a large, robotic-scale
vehicle for a precursor or technology demonstration mis-
sion. Conditions for a sub-scale experimental model are
also used in examining the impacts of trading propulsion
system composition.

The human-scale vehicle concept is defined to be an
approximately 53 t vehicle (ballistic coefficient of 400
kg/m2) from [1]. The forebody during the SRP phase (not
necessarily the same forebody used during the hypersonic
phase of the trajectory) is assumed to be a 70� sphere-
cone with a 10 m-diameter circular cross-section and a
1.25 m nose radius. This vehicle has 3 LOX/CH4 engines
and operates at an I

sp

of 350 seconds and a mixture ra-
tio of 3.5, providing a total propulsive �V of 509.5 m/s.
For a mass-optimal (T/W )

max

of 3.5 (maximum thrust
of 694.4 kN), the SRP phase begins at M1 = 2.86 and an
altitude of 7.05 km. Where possible, all comparisons are
made with the performance of this vehicle concept.



The robotic-scale vehicle concept was developed through
NASA’s EDL-SA study [16] and is considered to pro-
vide a comparison between a human-scale and advanced
robotic-scale application of SRP. This concept uses 4
MMH/N2O4 engines (based on a modified, pump-fed
RS-72 engine) to land a 2.6 t payload on the surface of
Mars. The vehicle is designed to maximize the payload
capability of a Delta IV-Heavy launch vehicle, though the
vehicle diameter is only 2.6 m. For a (T/W )

max

of 3.7
(maximum thrust of 62.4 kN), the SRP phase begins at
M1 = 1.69 and an altitude of 7.60 km.

The sub-scale model is based on experimental work by
Finley [6] and is a 2 inch-diameter hemisphere with a sin-
gle nozzle at the nose (d

e

= 0.0067 m). The conditions in
this section for this configuration are assumed to be: M1
= 2.5, �1 = 1.4, p0,1 = 68.95 kPa, and A

e

/A

⇤ = 4.0.

4.1. Operating Conditions and Required Propulsion
System Performance

Analysis by NASA EDL-SA [2] and Korzun et al. [1]
demonstrated mass-optimal SRP operation to favor con-
ditions that maximize available thrust over the minimum
time duration required to reach the target terminal state.
Extreme degrees of drag preservation are required before
deviations from this behavior occur, and such drag char-
acteristics have not been observed in experimental testing
or analysis. Therefore, the operating conditions for SRP
are considered to be a direct function of the maximum
thrust available from the propulsion system. The maxi-
mum vehicle T/W defines the maximum thrust available.

Fig. 14 (top) shows the variation in C

D,f

and C

A,f

as
(T/W )

max

increases from the baseline value of 3.5 to
10.0 (relative to Mars). Fig. 14 (bottom) shows the same
variation as a function of C

T

at SRP initiation. A sum-
mary of the conditions and results shown in Fig. 14 is
given in Table 1.

Note that the baseline value of (T/W )

max

(3.5) was de-
termined in [1] to be the value minimizing both propul-
sion system mass and propulsion system volume. The
maximum value considered in this analysis ((T/W )

max

= 10.0) is very close to the value used the exploration
class, or human-scale, Mars EDL architectures devel-
oped through NASA’s EDL-SA efforts [2]. NASA EDL-
SA’s (T/W )

max

was determined from a constraint on
the trajectory limiting the g-loading experienced by a de-
conditioned astronaut crew. The (T/W )

max

= 10.0 case
has a lower propellant mass fraction than the (T/W )

max

= 3.5 case but a higher total propulsion system mass and
volume due to the required hardware.

In Fig. 14, the greatest variation in C

D,f

is seen
for (T/W )

max

less than approximately 5.5. Table 1
shows the corresponding increase in C

T

at initiation as
(T/W )

max

increases for each case. As discussed, SRP
configurations with multiple nozzles can have regions
of higher pressure inboard of the nozzles under limited
conditions. However, the degree to which this inboard

pressure is preserved decreases as C

T

increases. As
(T/W )

max

increases, the individual jet structures be-
come increasingly highly under-expanded. Eventually,
as C

T

continues to increase, the combined radial ex-
pansion of the jets is sufficient to completely shield the
vehicle forebody from the oncoming freestream flow.
This is reflected in the decrease in C

D,f

with increasing
(T/W )

max

.
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Figure 14. Variation in C

D,f

and C

A,f

as functions of

(T/W )

max

(top) and C

T

(bottom). The dashed line in

the figure on the right indicates C

A,f

= C

T

.

Additionally, Fig. 14 shows the expected trend of C
A,f

=
C

T

as (T/W )

max

is increased from 3.5 to 10.0. While
some variation in C

D,f

is seen as (T/W )

max

is changed,
this variation is extremely small in magnitude and has
a negligible impact on the vehicle’s overall deceleration
performance.

It is significant, however, to note the potential effects of
the operating conditions within the Martian atmosphere
on the structure of the SRP flowfield. The nozzles are
assumed to have a nozzle expansion ratio of 180 (M

e

=
5.22). Based on the specific Mars atmosphere model ap-
plied and the resulting values of p

e

/p1, the individual jet
flows are under-expanded but not by a significant mar-
gin. The pressure immediately outside of the nozzle exit
may be higher than p1, and such conditions could re-
sult in highly under-expanded jet structures not occurring
across the full range of conditions considered. A num-
ber of works, both experimental and computational, have
demonstrated the behavior of SRP flowfields with weakly
under-expanded jet flows to be highly unsteady and also
to exhibit unstable flow mode transitions [8, 17]. Restrict-



ing SRP operation with multiple nozzles to avoid such
behaviors, it is likely desirable to operate with fewer en-
gines, lower nozzle expansion ratios, and a higher vehicle
T/W to increase p

e

.

Table 1. Summary of conditions and results for the impact

of SRP operating conditions and required propulsion sys-

tem performance on C

D,f

and C

A,f

.

(T/W )

max

C

T,total

C

T,one nozzle

M1
3.5 4.78 1.59 2.81
4.0 5.33 1.78 2.76
4.5 5.92 1.97 2.73
5.0 6.52 2.17 2.71
5.5 7.12 2.38 2.69
6.0 7.74 2.58 2.68
6.5 8.35 2.78 2.67
7.0 8.96 2.99 2.67
7.5 9.58 3.19 2.66
8.0 10.20 3.40 2.66
8.5 10.82 3.61 2.66
9.0 11.44 3.81 2.65
9.5 12.05 4.02 2.65

10.0 12.65 4.22 2.65

(T/W )

max

p

e

/p1 p0,j/p0,1 p0,j/p0,2

3.5 1.34 139.32 391.07
4.0 1.44 162.77 434.79
4.5 1.56 185.77 482.23
5.0 1.69 208.69 531.15
5.5 1.83 230.75 579.97
6.0 1.97 253.14 629.59
6.5 2.11 275.29 679.08
7.0 2.26 297.14 729.08
7.5 2.41 319.02 779.11
8.0 2.55 340.95 829.25
8.5 2.70 362.81 879.43
9.0 2.85 384.68 929.72
9.5 3.00 405.53 979.40

10.0 3.13 427.90 1028.05

(T/W )

max

C

D,f

C

A,f

PMF m

prop sys

3.5 0.0167 4.80 0.138 16112
4.0 0.0148 5.34 0.133 15970
4.5 0.0136 5.93 0.130 15932
5.0 0.0130 6.53 0.128 15952
5.5 0.0127 7.14 0.126 16107
6.0 0.0123 7.75 0.125 16088
6.5 0.0122 8.36 0.124 16271
7.0 0.0121 8.98 0.123 16273
7.5 0.0121 9.59 0.123 16485
8.0 0.0121 10.21 0.122 16497
8.5 0.0121 10.83 0.122 16716
9.0 0.0121 11.45 0.121 16742
9.5 0.0121 12.06 0.121 16958

10.0 0.0121 12.66 0.121 16994

4.2. Supersonic Retropropulsion Configuration

In this investigation, supersonic retropropulsion config-
uration is represented by the number of identical noz-
zles amongst which the required thrust is evenly dis-

tributed. Cases with (T/W )

max

= 3.5 and 10.0 are exam-
ined in this section for the human-scale vehicle concept
with 3, 4, 5, and 6 engines. The baseline concept devel-
oped through NASA’s EDL-SA study is also considered
to provide a comparison between a human-scale and ad-
vanced robotic-scale (and precursor/technology demon-
strator) application of SRP.

Fig. 15 shows the engine arrangements considered for 3
to 6 equally-sized engines for a human-scale vehicle. The
exit areas of all of the engines are constrained by the base
area of the vehicle. The baseline vehicle has a maximum
diameter of 10 m. The maximum exit area for an indi-
vidual nozzle is determined such that the available area
is used efficiently and still allows for gimbaling of the
engines. For packaging considerations related to nozzle
length, the maximum expansion ratio for an individual
nozzle is restricted to 180.
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Figure 15. Arrangements of multiple engines showing the

maximum allowable exit area for the individual nozzles.

Table 2 summarizes the conditions and results of dis-
tributing the required thrust over different numbers of
engines during the SRP phase for both mission scales.
To first order, distributing the required thrust over dif-
ferent numbers of engines has no discernible effect on
the aerodynamic drag and total axial force on the vehicle.
While changing the number of nozzles changes the indi-
vidual jet structures and the amount of surface area over
which pressure can potentially be preserved, the thrust re-
quirements and associated operating conditions for both
mission scales are such that the vehicle forebody is com-
pletely shielded from the oncoming freestream flow. The
high-performance rocket engines under consideration for
SRP at Mars all operate with large nozzle expansion ra-
tios to maximize efficiency. The resulting vehicle con-
figurations have ratios of total nozzle exit area to fore-
body area near 1, leaving little surface area for variation
in pressure (due to SRP) to be resolved in the vehicle’s
static aerodynamic characteristics.

From a systems-level design perspective, varying the
number of nozzles utilized for SRP, i.e. adding redun-
dancy or throttling combinations of engines, is a trade
that can be made without requiring significant support
from high-fidelity computational analysis. This has been
shown to be accurate for SRP configurations with identi-
cal nozzles arranged in a ring and directly opposing the
freestream flow. For other variations in configuration,
it may not be accurate to assume such independence of
the integrated vehicle aerodynamics on SRP configura-
tion. As an example, wind tunnel testing of a sub-scale
model by NASA’s ETDD Program demonstrated dras-
tic differences in the flowfield structure, behavior, and
unsteadiness between a configuration with three nozzles



(similar to the configurations explored in this section)
and a configuration with the same three nozzles and an
additional nozzle in the center of the cluster (four noz-
zles total) [8, 18]. Major variations in vehicle configura-
tion will require support from high-fidelity computational
analysis, experimental testing, or both. It is important
to note, however, that these conclusions apply to static
aerodynamic effects in the axial direction only. Super-
sonic retropropulsion flowfields are inherently unsteady,
and the effects of such dynamic behavior on vehicles of
any scale remain unknown.

Table 2. Summary of conditions and results for the impact

of distributing the required thrust over different numbers

of engines on C

D,f

and C

A,f

.

Human-scale concept (m
init

= 53 t)
Number of

(T/W )

max

C

T,total

C

T,one nozzle

M1Nozzles
3 3.5 4.78 1.59 2.81
4 3.5 4.78 1.59 2.81
5 3.5 4.78 1.59 2.81
6 3.5 4.78 1.59 2.81
3 10.0 12.65 4.22 2.65
4 10.0 12.65 4.22 2.65
5 10.0 12.65 4.22 2.65
6 10.0 12.65 4.22 2.65

Number of
p

e

/p1 p0,j/p0,1 C

D,f

C

A,fNozzles
3 1.34 139.32 0.0167 4.80
4 1.33 137.76 0.0167 4.80
5 1.34 138.94 0.0167 4.80
6 1.33 137.96 0.0167 4.80
3 3.13 427.90 0.0121 12.66
4 3.10 423.09 0.0121 12.66
5 3.13 426.71 0.0121 12.66
6 3.10 423.72 0.0121 12.66

Robotic-scale concept (m
init

= 4.6 t)
Number of

(T/W )

max

C

T,total

C

T,one nozzle

M1Nozzles
3 3.7 20.51 6.84 2.66
4 3.7 20.51 5.13 2.66
5 3.7 20.51 4.10 2.66

Number of
p

e

/p1 p0,j/p0,1 C

D,f

C

A,fNozzles
3 3.48 5866.2 0.0110 20.52
4 2.61 4399.7 0.0110 20.52
5 2.09 3519.7 0.0110 20.52

4.3. Propulsion System Composition

As mentioned previously, LOX/CH4 is the propellant
combination for the design reference architectures for
Mars exploration. However, a flight-proven LOX/CH4

propulsion system capable of satisfying the thrust and
throttling requirements for this application does not cur-
rently exist. There are LOX/RP-1 and LOX/LH2 propul-
sion systems in the same thrust class that have been flown,

and the results from [1] show the mass and volume re-
quirements for a LOX/RP-1 system to be comparable to
those for a LOX/CH4 system. Should the primary propul-
sion system choice be changed or a precursor or tech-
nology demonstration mission fly a different propulsion
system than that selected for the full-scale mission, the
potential differences in the vehicle’s aerodynamic perfor-
mance during SRP need to be understood.

Holding the nozzle expansion ratio fixed, changing the
propellant combination changes �

j

. This also changes
M

e

. Fig. 16(a) illustrates the effect of changing �

j

on
highly under-expanded jet structure, and Fig. 16(b) illus-
trates the effect of changing M

e

. The initial inclination
of the free-jet boundary is greater for smaller values of
�

j

. This results in larger jet diameters and a Mach disk
location closer to the nozzle exit as �

j

is reduced. The
exit Mach number increases with increasing �

j

.
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Figure 16. Effect of �

j

(a) and M

e

(b) on highly under-

expanded jet structure.

While there is no change in the initial inclination of the
free-jet boundary at the nozzle exit, the distance from the
nozzle exit plane to the Mach disk increases with increas-
ing M

e

as a result of the increased momentum of the jet
flow. At conditions where the body is not fully shielded
from the freestream flow by the jet interaction structure,
cases with a higher �

j

should preserve more surface pres-



sure than cases with a lower �
j

for the same pressure ra-
tio.

Fig. 17 shows the effect of changing �

j

on C

D,f

and
C

A,f

for the sub-scale experimental configuration. Vary-
ing �

j

only has an effect at low pressure ratios (p
e

/p

da

< 10), and even then, the change in C

D,f

is very
small. Considering the flight-relevant operating condi-
tions given in Tables 1 and 2, however, these differ-
ences may be significant. The baseline propulsion sys-
tem choice for Mars design reference architectures is
LOX/CH4 (�

j

= 1.19). Alternatives include LOX/RP-1
(�

j

= 1.24) and LOX/LH2 (�
j

= 1.26). If the expansion
ratio of the nozzle is allowed to vary as �

j

changes, these
differences can be compensated for, and the same trends
for C

D,f

and C

A,f

vs. C
T

or p
e

/p1 are preserved.
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Table 3 summarizes the results from changing the propul-
sion system from LOX/CH4 to LOX/RP-1 and LOX/LH2

for the human-scale vehicle concept. For these operat-
ing conditions and vehicle scale, the variations in �

j

and
M

e

from changing the propulsion system type do not re-
sult in any significant change in the integrated C

D,f

and
C

A,f

of the vehicle. Within the range of SRP operating
conditions defined for full-scale vehicles at Mars, trading
the propulsion system type can be done without requir-
ing significant additional contributions from high-fidelity

computational analyses. However, at this time, very lit-
tle experimental work has been done using gases other
than air or with high-temperature combustion products.
When higher-fidelity analysis is required for more de-
tailed design studies of SRP systems, additional experi-
mental work will be required to verify the insensitivity of
integrated, static aerodynamic characteristics on exhaust
gas composition and any differences in the dynamic be-
havior of the SRP flowfield.

Table 3. Summary of results for the impact of chang-

ing the propulsion system type on C

D,f

and C

A,f

for the

human-scale vehicle concept.

(T/W )

max

C

T,total

Prop Type p

e

/p1 C

D,f

C

A,f

3.5 4.78 LOX/CH4 1.34 0.0167 4.80
10.0 12.65 LOX/CH4 3.13 0.0121 12.66
3.5 4.78 LOX/RP-1 1.07 0.0167 4.80
10.0 12.65 LOX/RP-1 2.50 0.0121 12.66
3.5 4.78 LOX/LH2 0.98 0.0167 4.80
10.0 12.65 LOX/LH2 2.29 0.0121 12.66

Once a propulsion system has been selected, a trade be-
tween I

sp

and nozzle expansion ratio often takes place.
Maximizing I

sp

maximizes propellant efficiency, driving
the required propellant mass down. However, doing so
also increases A

e

/A

⇤, increasing the length and width of
the nozzle and increasing the mass of the propulsion sys-
tem hardware. The final choice is often driven by a com-
promise between available mass margin and the ability to
package and operate the system.

Changing the nozzle expansion ratio changes M
e

and the
distance of the Mach disk from the nozzle exit. It also
changes the ratio of the total nozzle exit area to the ve-
hicle forebody (or base) area. These changes do affect
the structure of the SRP flowfield. However, significant
reduction in the nozzle expansion ratios of the propul-
sion systems baselined for the full-scale vehicle concepts
would be required before any significant change in C

D,f

and C

A,f

would occur. The thrust performance would
also need to be reduced (thus affecting the operating con-
ditions) for appreciable pressures to be preserved over the
increased forebody surface area and substantially con-
tribute to C

D,f

. Based on the results given in this sec-
tion, the static aerodynamic drag performance of full-
scale vehicles utilizing SRP is likely to be insensitive to
changes in I

sp

and A

e

/A

⇤ for the conditions defining
flight-relevant operation and scale. Note, however, that
along with all of the results in this investigation, these
conclusions refer strictly to the static aerodynamic drag
characteristics of the vehicle. No conclusions can be
drawn on the dynamic effects arising from changes in the
inherent unsteadiness of SRP flowfields, e.g. frequency
and/or amplitude, or any other flow-driven effects on the
stability of the vehicle from aftbody pressure variations
or reattachment.



5. CONCLUSIONS

This investigation developed an approximate SRP flow-
field model to assist in evaluating the impact of entry, de-
scent, and landing vehicle design choices on the vehicle’s
static aerodynamic characteristics for flight-relevant con-
ditions and scales. These design choices included SRP
operating conditions, required propulsion system perfor-
mance, SRP configuration, and propulsion system com-
position. The model was shown to be capable of captur-
ing trends in integrated aerodynamic drag and axial force
characteristics across a broad range of conditions and de-
sign parameters within the SRP design space. Relative
differences in these quantities and physical changes in
flowfield structure were used to identify the fidelity and
effort required to support specific design trades.

The SRP flowfield is governed by the quantities describ-
ing the composition and conditions of the freestream and
nozzle flow(s) and the geometry and configuration of the
vehicle. These quantities are: �1, R1, M1, p1, T1,
�

j

, R
j

, p0,j , T0,j , A
e

/A

⇤, and A

e,total

/A

vehicle

. The
impact of the individual quantities is problem-dependent,
but generally, the most significant quantities are those
dictating the expansion condition of the nozzle flow and
A

e,total

/A

vehicle

.

The static forebody aerodynamic drag and axial force
characteristics of vehicles at two different mission scales
were shown to be insensitive to major trades common
to conceptual design. Full-scale vehicles operate with
high-performance engines, utilizing large nozzle expan-
sion ratios and thrust levels well beyond those examined
experimentally or with high-fidelity computational tools.
The large variations in C

D,f

and C

A,f

observed through
experiment, including in recent tests completed through
NASA’s ETDD Program, are not resolvable as static ef-
fects at the conditions and physical scales required for the
flight operation of SRP.

The results of this investigation are limited to operation
at zero angle of attack, though recent experimental re-
sults suggest extensibility of these conclusions to angles
of attack below 8� [8]. Additionally, the applicability of
the flow model developed is limited to forebody surface
pressures and integrated, static aerodynamic drag effects.
No conclusions can be drawn from this analysis on the
potential changes in static stability characteristics. Con-
sidering the computational results in [4, 5], however, the
severe reduction in surface pressure likely challenges or
prevents the use of aerodynamic surfaces to control vehi-
cle attitude in the SRP flight regime.

In relating the flight-relevant operating conditions iden-
tified for SRP through systems analysis to parameters
governing SRP flowfield structure, it was observed that
highly under-expanded jet flow structures may not occur
across the full range of conditions considered. A num-
ber of works, both experimental and computational, have
demonstrated the behavior of SRP flowfields with weakly
under-expanded jet flows to be highly unsteady and also
to exhibit unstable flow mode transitions [8, 17]. To

avoid such behaviors by restricting SRP operation to con-
ditions resulting in highly under-expanded jet structures,
it is likely desirable to operate with fewer engines and
a higher vehicle T/W . For configurations with multi-
ple nozzles, reducing nozzle expansion ratios can provide
additional margin for SRP operation with highly under-
expanded jet flow structures.

To this point, systems analysis efforts by NASA have as-
sumed there to be no aerodynamic forces and moments
acting on the vehicle during the SRP phase [2, 16]. Pro-
vided the conditions are within the range considered to
be flight-relevant and the vehicle configurations remain
similar to those discussed in this investigation, design
trades may be evaluated with simple engineering mod-
els or assumptions. However, if the SRP configuration
is varied with large changes in nozzle expansion ratio,
a non-circular or non-uniform arrangement of nozzles is
used, or the application of SRP as a thrust-dominated de-
celerator is changed, evaluation likely requires support
from both high-fidelity computational analysis and exper-
iment.

Supersonic retropropulsion alone is not likely to drive
design choices with mission-level implications. Recent
wind tunnel tests completed by NASA’s ETDD Program
uncovered SRP flowfields to be inherently unsteady. The
dynamic effects of this behavior on vehicle stability re-
main unknown. If there are configurations and conditions
that can be identified that minimize the dynamic response
of the vehicle to flow interactions, the likelihood of the
incorporation of SRP into a flight system would increase
further. High-fidelity computational analyses and exper-
imental work are also likely required for SRP analyses
focused on vehicle control and stability.
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